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LOADING OVER TRIANGUIAR WINGS
AT SUPERSONIC SPEEDS

By John W. Boyd and E. Ray Phelps
SUMMARY

The results of an experimental investigation of the pressure distri-—
bution over two trilanguler wings at supersonic speeds are presented. The
two wings which were tested had identical plan forms, 45° sweepback of
the leading edge, and an aspect ratio of 4.0, but different airfoll sec—
tions. One model was composed of round leading-edge sections and the
other of sharp-nose, biconvex sections, 6 percent thick in streamwise
Planes. The experimental pressure distributions were obtained at Mach
numbers from 1.20 to 1.70 at a Reynolds number of 1.8 X 10%® and angles
of attack from 0° to 20°,

The results showed a significant effect of leading—edge profile on
the flow characteristics at 'high 1ift coefficients. For the round-nose
airfoil in the lower speed range wherein the Mach lines were swept ahead
of the leading edge, trensonic flow characteristics were manifest in the
form of a shock wave normal to the airfoil surface. Additional transonic
effects were noted for the sharp-nose airfoil. A shock wave oblique to
the airfoll surface was formed near the sharp leading edge and the nature
of the flow was such that a somewhat higher loading was realized than
that for the round—nose airfoil.

In the higher speed range wherein the Mach lines wers swept behind
the leading edge, flow charscteristics simlilar to those experisnced at
the lower Mach numbers were evident, since, as a result of the detached
bow wave, flow interaction occurred between the lower and upper surfacs.

Despite the existence of these transonic flow phenomensa » the agree—

ment between the load distribution given by the linear supersonic 'l:.heory
and by experiment was reasona.‘bly good.,

—
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INTRODUCTION

The validity of the linear theory in predicting the load distribu—
tion over triangular wings at supersonic speeds has been the subJject of
a number of experimental investigations. The theoretical methods, of
necessity, involve certain simplifying assumptions which limit their
application to cases where viscosity and higher—order effects are negli-— _
gible. ) '

Experimental investigations to date have shown the experimental load
distributions to be in good agreement with the theoreticel at low angles
of attack. At high angles of attack, however, where the basic assumptions
of the theory are not appliceble, the experimental load distributions show
a merked deviation from theory. Mr. Clinton Brown of the Langley Labora—
tory has pointed out that there is a correlation between the experimental
data obtained for triangular wings at high 1ift coefficients at super—
sonic speeds and date presented in reference 1 for two—dimensional air—
foils at transonic speeds. An experiment wes underteken for the purpose
of pursuing this correlation further. Data were also obtained to deter—
mine the effect of leading—edge profile and to provide results for a com— _
perison between the theoretical and experimental load distributions. . R

SYMBOLS . - c.

hvlleg

senlspan, feet

c locel wing chord, feet

root chord, feet

[ mean aerbd.yna.mic chord measured parallel to the plane of symmetry

CN norme.l—-force coefficlent ’ . L

M Pree—stream Mach number
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™

pressure coefficient ( P;—EQ>
o

value of pressure coefficient P corresponding to s ccmplete
vacuum on the upper surface of the airfoil

PZ_i“) » Dber degree

loading cosefficient per unit angle of attack (

local pressure on airfoll, pounds per square foot
free—stream static pressure, pounds per square footb

free-stream dynamic pressure < 5:_"- pV2> , pounds per square foot

Reyrolds number based on mean serodynamic chord

velocity of free stream, feet per second

half—sridth of plan form at any point, feet

chordwise station, fraction of root chord meassured perasllel to
plane of symmetry

spanwise station, fraction of local half—width of plan form
angle of attack of wing at plane-of symne‘t;ry, degfees
ME1
vertex half-angle of wing plan form, degrees
Mach angle <sin‘1 /M >, degrees

mass density of free stream, slugs per cubic foot
Subscripts

conditions on lower surface of airfoil

conditions on upper surface of airfoil
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APPARATUS AND MODELS

The experimental investigation was conducted in the Ames 6— by
6—foot supersonic wind tunnel which is a closed—return variable—pressure
type with a Mach number range of 1.15 to 2.0. Thils wind tunnel is
described fully in reference 2.

A sketch of the 45° swept—back triasngular-wing models which gives
all plan-form dimensiops 1s shown in figure 1. In order to obtaln as
high a test Reynolds nurber as possible, the maximum slze model which
. was free from wind—tummel—wall Interference at the lowest test Mach num—
ber was used.

Since reference 1 had shown a pronounced effect of alrfoll-thickness
dilstribution on the flow characteristics of alrfoll sectlions at transonic
speed and, since ln the present experiment it was expected that similar
transonic effects would be manifest, two dlfferent airfoll sections were
selected for the wlngs. One wing was composed of round—nose alrfoll sec~—
tions, 6 percent thick in streamwise plenes. The sectlon used for this
wing was the NACA 0006-63 profile. The other wing was composed of
sherp-nose, biconvex sections, 6 percent thick in streamwise planes with
the maximum thickness at 30 percent of the chord. (See reference 1.)

See table I for alrfoll ordinates. '

The models were cast of bismuth—tin alloy and coated wlith zinec chro—
mate to give a smooth surface. The cone which Joined the wing to the
support sting (flg. 2) was designed to minimize the pressure disturbance
over the wing and, at the same time, Pulfill the strength requirements,
The support sting itself served as a conduit for the pressure tubes,

The right wing panel was fitted with 86 pressure orifices, each
0.013 inch in dlameter, arranged to measure both the local pressure on
the surface and the pressure difference between the upper and the lower
surfaces. These orifices were located in planes perpendicular to the
plane'of symmetry at three chordwise stations (fig. 1). These statioms,
hereafter designated as statioms 1, 2, and 3, were located at 25, 50,

. and 75 peréént of the root chord, respectively.

The models were mounted vertically in the test section on the end
of a cantlilever sting support as shown in flgure 2. The sting angle of
attack could be adjusted to any angle bebtween +17.5° while the tunnel was
operating. Since it was deslred to obtain angles of attack up to a maxi-
mum of 20°, a 5° bent sting was used which gave an angle range of —12.5°
to 22,5°, The model angle of attack during the test was influenced by
the deflection of the model support under load. An arrengement of mir—
rors and lenses was used to determine optically the true angle of attack.

— 3 ; . "%E
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METHODS
Theorstical

In reference 3 it is shown that, by a sultable distribution of line
sources and sinks having a common point of intersection, it is possible
to0 obtain solutions for the pressure distrlbution over the surface of
trisngular wings at zero 1ift. Since the method is limited in applica—
tion to thin airfoils with sharp leading edges, a quantitative comparison
between the theoreticael computations and the experimental results would
be more significant for the case of ths sharp-nose wing.

The theoretical loading per mmit angle of attack was calculated
using the method of references ll-, 5, and 6. The flow field of a lifting
triangular wing is of conlcal formj that is, quantities such as pressure
and velocity are comstant along rays smanating from the apex of the wing.
The flow, therefore, when shown in transverse planes has a characteristic
of two—dimensional flow in that the pressure plois at all fore and aft
locatlons will be similsr.

Since the theory is based on linesr differential equations, the
principle of superposition applies so that the pressure dlstributlion due
to airfoil thickness has no influence on the pressure distribution due
to angle of attack, or vice versa.

Experimental

Tests.— A major portion of the data was obtalned over a Mach number
range of 1,20 to 1.70 at a constant Reynolds number of 1.8 million and
at angles of attack from 0° %o 20°, A limited amount of data was
obtained at Reynolds numbers of 1 million and 3.75 million. For a Mach
number of 1.20 and 20° engle of attack, reliable date were not obtained
since, at these conditions, the data indicated that the flow in the test
section was choked,

Recording and reduction of data.— The pressures were indicated on
multiple—tube manometers which were photographed to record the pressures.
The date were reduced directly to spenwise plots of the pressure coeffi-—
cient through use of a pressure plotting machine.

Precision.— Surveys of the wind—tunnel air stream (reference 3)
have shown that, at Mach numbers other than M = 1.k, there exist signi—
ficant pressure and stream-angle disturbances in the air stream. These
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surveys indicate, however, that the flow in the alr stream is two—
dimensional; that is, there are no appreciable transverse pressure gra— e
dients in horizontal planes. In the present test, therefore, the model
was mounted vertically to minimize the effects of stream irregularitles
on the loed distribubion., Since the flow was similar in all vertical
planes, the statlic pressure results cbtalned in the vertical plane at the
center line of the tumnel (reference 3) were used to correct the measured
pressures for all test conditioms. In applying these corrections, it was
assumed that the static pressures on the upper and lower surfeces wers
equally affected by the stream static pressure wvariation and that the
1lifting pressures were not affected. These assumptions were shown to be
velid by the results of the Investigation of reference 3.

The major items which may cause Inaccuracles in the experimental
pressure distributions have been noted In refersesnce 7. Since the tech—
niques employed in this investigatlon parallel those used in reference T,
. the over—all precision should be of the same magnitude; that is the wing
static pressures should bhe accurate to within 1 percent of the test

dynamic pressures.

As was noted previously, the size of the wing was chosen so that
even at the low Mach nunbers thsre was no interference between the wing
and the compression or expansion waves originating on the model and
reflecting from the tunnel walls.

Errors mede in measuring the angle of attack were confined to purely
mechanical inaccuracies since the warilation of the stream angle in the
region of the model was negligible. A possible error of £0,05° in the
angle of attack was incurred in the initial referencing of the model with
respect to the stream direction. The angle of attack during the test,
determined by means of the optical measuring system, could be read accu—
rately to within +0.039, resulting in a total possible error of +0.08°
in the angle—of-attack reading.

The absoclute humidity of the alr in the wind tunnel was kept below
0.0003 pound of water per pound of alr at all times so that it had negli-—
glble effesct on the experimental results.

RESULTS AND DISCUSSION

Pressure—distribution messurements were made on the two triangular
wings for a range of Mach numbers from 1.20 to 1.70 at a constant Reynolds
number of 1.8 million and at angles of attack from 0° to 20°, For the
purpose of discussion in this report, figures showing pressure dlstribu—
tions due to alrfoll thickness are presented only for Mach numbers
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of 1.30, 1.53, and 1.70, and the pressure distrlbutions due to angle of
attack are pregented at 1.30 and 1.70. These data are considered repre—
gsentative of the results obtained throughout the test range. The experi—
mental results for the complete range of test varlables are presented in
table IT in the form of pressure coefficlents for any further anslysis
the reader may wish to mske. A portion of the data of statlon 3 was
omitted from thls tabulatlon because of notliceable interference effects
from the support cone. '

Pressure Distribution at Zero Lift

Experimental walues of the pressure distribution at approximately
zero anglse of atiack are compared with theoretical values in figure 3 for
Mach numbers of 1.30, 1.53, and 1.70. Due to the limitation of the theo—
retical method, a qualitative comparison between theory and experiment
for the round-nose alrfoll was not considsred.

Examination of the experimental data for the sharp-mnose airfoll at
M = 1,30 showed the agreement between the predicted and measured pressure
distributions to be good at station 1 with somewhat poorer agreement at
stations 2 and 3. At these latter stations, the theoretical pressure
peak, assoclated with the discontinulty in the radius of curvature of the
airfoil surface at the point of maximum thickness, was not as pronounced
in the experimental data. Although no complete explanation of this dif-—
ference between theory and experiment has been definitely established,
much of the difference may be attributed to boundary layer and second—
order compresslbllity effects.

At Mach nurbers of 1.53 and 1.70, the agreement between theory and
experiment generally wes not as Zood as at a Mach number of 1.30, the
correlation being particulasrly poor near the airfoil leading edge. The
combinations of Mach number, leasding-edge sweep, and airfoil wedge angle
were such that the leading—edge shock wave was detached for all angles
of attack, The theory for Mach llnes swept behind the leading edgses (in
this case for M = 1,53 and 1,70) assumes an attached wave and cannot
account properly for the mixed subsonic and supersonic flow that existed
between the detached bow wave and the leading-edge of the airfoll. For
these Mach numbers, the deviation between thesory and experiment may be
attributed, therefore, t¢ the detached shock.,
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Plow Characteristics and Pressure Distribution
at Angles of Attack

In the analysis of the experimental 1lifting pressures, it was found
that, even though theory and experiment did not alweys agreb on the msg—
nitude of the pressures on the wing, the experimental lifting pressures
were, as predicted by theory, essentially constant along rays from the
apex of the wing. It is possible, therefore, and convenlent in consider—
ing the flow'over trianguler wings to resort to transverse pressure plots,
since they are essentially simllar at all fore— and aft—locations,
because for both theory and experiment the pressures tend to be constant
along rays. Components of velocity perpendicular to rays are considered
in analyzing these transverse pressure plots. It may be seen that on the
surface of wings moving at supersonic spseds the components may be either
subsonic or supersonic, depending on the stream Mach number and the sweep
of the ray considered.

It has been shown previously thet, in discussing the flow over tri-
anguler wings, it is convenient to define the supersonic speed ranges by
the verisble +ten €/tan u where € 1s the semivertex angle of the wing
and u is the Mach angle. Values of tan €/tan p grester than 1.0
correspond to a supersonic leading edge and values less than 1.0 corre—
spond to a subsonic leading edge. A value of tan G/tan g of 1 corre—
sponds to sonic velocity perpendiculer to the wing leading edge. B

Mach lines swept shead of the leading edge.— Experimental pressure

distributions for both the round-nose and sharp-mnose airfoil for station 2
are presented in figure 4 for several angles of attack and for a Mach
number of 1.30., The datae presented here are typical of the results
obtalned in this speed rangs (Mach lines swept ahead of the leading edge).
Examination of these data shows the existence of certain pressure discon—
tinuities, usually associated with shock’waves, which are not revealed by
the theoretical analysis, For the sharp-nose airfoll at an angle of
attack of 5°, the data show a pressure pesk near the airfoil leading edge,
followed immediately by an abrupt compression., At 109 angle of attack,
the negatlve pressure peak was followed by a reglon of less negative
pressures which wasg, ln turn, followed by a compression at about TO per~
cent of the semispan. It should be noted that at 10° angle of attack,

the pressure coefficlent near the leading edge approached the absolute
physical limlt. The megnitude of this 1limit Pysc 1s indicated in the

flgure. At 15°© and 20° angles of attack, therefore, since nearly an
absolute wacuum had already been attained on the upper surface at the
lower angles of attack, only a slight increase in the magnitude of the
upper~surface pressure coefficients near the leading edge was possible.
Further, the low-pressure region, which was localized into a pressure
peak near the leading edge at the low angles of attack, spread over a -
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wide reglon of the alrfoll surface at these high angles of attack. Ths
date indicated that the wide region of negative pressure coefficients
(very nearly equal to & full vacuum) was terminated by a compression at
about 4O percent of the semispan.

For the round-nose airfoil, no abrupt compression in the pressures
was noted at an angle of attack of 5°. At an angle of attack of 10°,
however, a reglon of largs negative pressure coefficlents wes noted which
was terminated by a compression at about 50 percent of the semispan. Ths
data for 15° and 20° angles of attack showed a wide region of negative
pressure coefficlents very nearly equal to a full vacuum., This region
of large negative pressure coefficients was terminated by a compression
between 50 and 60 percent of the semispan.

A study of the pressure data Just discussed reveals certain pressure
discontinuities over the airfoll surface which are similar to those noted
in the data obtalned from two-dimensional alrfoils with corresponding pro-—
files at transonic speeds (reference 1), It has been shown in reference 1
that the pressure discontinuities noted on the surface of the two—
dimensional airfoll at transonic speeds were a result of shock waves. -

Dus to the similarity in the pressure data, 1t was concluded that the
pressure discontinuities noted in the data of the present investigation
also denoted the existence of shock waves and that consequently the shock
patterns in transverse sectloms would resemble closely the patterns exist—
ing on the two—dimensional airfoils at transonic speeds (shown in the
schlleren photograph of fig. 5). An estimate of the flow pattern, as
deduced from the foregoing correlation, for triangular wings with Mach
lines ahead of the leading edge (tan €/tan p < 1.0) is sketched in fig-
ure 6. This sketch is for a representative set of test conditions at .
any transverse section; the pattern will change in detall as Mach number
and 1ift coefflcient vary but its basic character should rerein as
sketched. )

For the round-nose alirfoil, due to the easy curvature of the round
leading edge, a gradusl expansion of the streamlines around the airfoil
leading edge occurred, and the local velocity components on the upper
surface perpendicular to rays from the -apex were sufficiently large at
high angles of attack as to result in a local region of supersonic flow
which was terminated by & shock wave, as was indicated by the compression
In the pressure data. The shock wave, which was normsl to the airfoil
surface but oblique to the supersonic stream, corresponds to the ususel
normal shock wave which hes been noted on two-dimensional airfoils at
transonic speeds (fig. 5).

For the sharp-nose airfoil additional transonic flow characteristics
were deduced from the pressure data. A marked similarity can be noted in
the estimated flow characteristics presented in figure 6 for the sharp—
nose airfoil of the present test and the flow over a sharp two—-dimensional
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airfoll at transonic speeds as evidenced by the schlieren photograph of
figure 5. For triangular wings swept behind the Mach lines, upwash
occurs around the airfoill leading edge as a result of the flow inter—
actlon between the upper ard lower surfaces. The air, in flowing from
the lower to the upper surface, is required to turn ebruptly around the
sharp leading edge, resulting in a highly complex mixed subsonic and
supersonic flow field. Although the present state of knowledge of what
occurs In this flow field is limited, the nature of the flow is appar—
ently analogous tc the flow around a gharp convex corner which was
treated by Busemaenn in reference 8. A cursory study of the problem has
indicated that the location and curvature of the sonic line in the
region neer the eilrfoil nose were such that the streamlines above the
nose turned toward the airfoil aend the flow impinged on the upper sur—
face of the airfoil. Slnce the streamlines must turn and flow along
the airfoll surface, a distributed compression reglon resulted, which
coalesced into a finite shock weve oblique to the airfoil surface.
Behind this oblique shock wave was a region of lower supersonic veloci-—
tles which was terminated by a normal shock wave. This hypothesis
appeers to be consistent with the observed flow patterns of figure 6
and with the experimental results of the present test. It is interest—
ing to note that the compression which was observed for the sharp leading—
edge airfoll near the nose was not evident for the round-nose airfoil.
This is to be expected since the curvature of the round leading edge
permits a more gradual expansion of the streamlines around the airfoil

leading edge.

The experimental end theoretical load distributions for the two
triangular wings are presented in figure 7. The effects of thse transonic
flow characteristics Just discussed are apparent in the differences
between the theoretical and experimental loading. - The data for the
round-nose airfoil at 5¢ angle of attack include experimental loading
coefficlents which are greater than those glven by theory. For 10° angle
of attack, also, the experimental loading was generally greater than the
theoretical wvalues over a large portiomn of the airfoil surface. As
expected, there was & decrease in the experimental loading at the loca—

tion of the normal shock wave. For 15° and 20° angles of attack, the

magnitude of the upper—surface pressure coefficlents which was not con—
sidered by theory. Over the remalning portion of the span, the experi-
mental loading lay generally above the theoretical,

The experimental loading data for the sharp-nose airfoil showed
that the transonic effects were also evident (see fig. 7). At an angle
of attack of 5° » the influence of the sharp leading edge was manifest in
a region of loading coefficients near the leading edge which were some—
what greater than those for the round—nose airfoil, followed by & span—
wise variation of the loading coefficlents that wes in somewhat better
agreement with the theoretical loading than the data for the round—nose
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airfoil. ZFor an angle of attack of 10° 5 the loading coefficients for
the sharp-nose airfoll were not as high as those &t 5° angle of attack
but were somewhat greater than those for the round—-nose airfoil at 10°
angle of attack. The location of the shock wave normal to the airfoil
surface may be discermed in the discontinuities of the spanwise load
distribution. - As in the case of the round—nose alrfoll, at 15° and 20°
angles of attack, the experimental load distribution near the leading
edge fell consliderably below the theoretical value.

Mach lines swept behind the leading edge.— Experimental pressure
distributions for both the round-nose and the sharp-nose airfoils are
presented in figure 8 for several angles of attack at a Mach number of
1.70. It is evident from a study of the pressure data that, even though
the theoretical flow velocilty component perpendicular to the leading
edge was supersonic, the characteristics of the flow differed little
from those In the lower speed range wherein the flow component perpen—
dicular to the leading edge was subsonic. Although the pressure discon—
tinulties were considerably softened, the shape of the pressure—
distribution curves was qulte similar to those in the lower speed range.

At these higher supersonic speeds, where the value of tan €/tan u
is greater than 1.0 but less than the value for which the shock wave
became attached to the sharp leading edge, the flow pattern over both
wings, as deduced from avallsable pressure data, was as sketchsd in
figure 9. TFor the round—nose airfoil, a detached bow wave occurred
shead of the swept leading edge. Since, In the region between the
detached bow wave and the leading edge, the flow components perpendicu—
lar to the leading edge were subsonic, the flow around the leading edge
of the airfoil was simllar to the flow experienced when the Mach line
was ahead of the leading edge. The local velocity components on the
upper surface perpendicular to a ray from the apex were large enough to
cause a local region of supersonic flow which was terminated by a normal
shock wave, as in typlcal transonic two—dimensional flow.

For the sharp-nose alirfoil, the detached bow wave was also present
since the wedge angle was greater than the value for shock attachment.
There existed a small region of subsonic flow components in the vicinity
of the leading edge which resulted in flow interaction between the upper
and lower surfaces. The flow characteristics were similsr to those noted
previously for Mach numbers at which the Mach lines were swept ahead of
the leading edge. Transonic flow similar to that noted for the lower
speed range occurred, though the extent of the influence of the sharp
leading edge was not as great, since the upwash angle at the wing lead—
ing edge was nmot as large as at the lower Mach numbers. This reduction
in the upwash angle wes due to the fact that the Fflow interaction between
the upper and lower surface was confined to the region between the
detached bow wave and the leading edge.

The experimental end theoretical load distributions for the two

triangular wings are presented ﬁ fiﬁe 10. The effects of the
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transonic flow characteristics Just discussed are apparent in the exper—
imental load distribution. Since tan €/tan p is greater than unity,
it is assumed in the theory that the bow wave is attached to the wing
leading edge with the result that the lifting pressures are constant
between the Mach line and the leading edge. In the actual case, however,
since the bow wave was detached, flow interaction between the upper and
lower surfaces occurred, resulting in a peak in the loading at the lead—
ing edge. The sharp-nose alrfoll showed a scamewhat higher loading peak
near the leading edge than did the round-nose airfoil due to the previ—
ously discussed flow phenomena. Force data presented in reference 9 -~
have shown that, as the Mach number for complete shock attachment to the
leading edge is approached, the agreement between theory and experiment
may be expected toc be improved.

Reynolds mmber effects.— A limited amount of data was obtained
for the round-nose airfoll at Reynolds numbers of 1 million and 3.75
miliion for an angle of attack of 5°, As shown in figure 11 for Mach .
numbers 1.30 and 1,70, the data indicate a negligible effect of Reynolds
number varlation on the spanwise load distributlion for Reynolds numbers
of 1.8 million to 3.75 million., At & Mach number of 1.30, however, the
experimental data show the loading coefficients at & Reynolds number of
1 million to be somewhat less than the values cobtained at higher Reynolds
numbers. As the Mach nuwber 1s increased from 1.30 to 1.70, the effect
of Reynolds number becomes negligible. Since no Reynolds number effects
‘were found in the range from 1.8 million to the maximum value attainable,
3.75 million, the major portion of this test was conducted at a Reynolds
number of 1.8 million for reascns of economy.

It is noteworthy that, at the highest angle of attack (a0 = 200,
approx.) at all Mach numbers Investlgated, most of the alrfoll upper
surface was subJected to pressures nesrly equivalent to a full vacuum.
It is'belleved,therefore, that the action of viscous forces will be neg—
ligible when compared with pressure forces so that Reynolds number
effects at these high 1ifts may not be significant.

Normal~Force Coefficients

Figure 12 presents g comparison of the experimental and theoreticel
normel~force coefficients versus angle of sttack for Mach numbers of 1.20,:
1.30, 1.53, and 1.70. The experimentsl normal—force coefficients were
obtained by a mechanical integration of the spanwise pressure plots at
each of the angles of attack. Excluding the data at 15° and 20° angles
of attack which Pfall below the theoreticel curve at all Mach numbers,
the normel—force coefficients exhibit a trend with Mach nunber similar
to that discussed 1n reference 9. In the lower speed range
(tan e/ten u < 1.0 (M = 1.20)), the sherp-nose and the round-—nose
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airfolls give values of the normal—force coefflcient that fall some—

what above those predicted by the linear theory. As the value of

ten €/ten p of 1.0 1is approached and slightly exceeded, the normal

force first equals the predicted wvalue at a Mach number of 1.30 and then
falls slightly below the predicted walue at a Mach number of 1.53. How—
ever, in the higher supersonic speed range where tan € /‘ba.n p  is greater
than 1.0 (M = 1.70), the experimental normal—force coefficients agree
more closely with the linear theory as a result of the approaching sttach—
ment of the bow wave to the airfoll leading edge. Previous tests have
shown that as the Mach number for coamplete shock attachment to the leading
edge was approached, good agreement between the measured and predicted .
loading may be expected. (See reference 9.)

As mentloned previcusly, at the higher angles of attack (15° and
20°) the experimental normel—force coefficients fall below the walues
predicted by the linear theory. This difference between theory and exper—
iment is to be expected, of course, since the basic assumptions of the
theory obviously are Inwalld when the pressure coefficients approach a
value equivalent to a full vacuum.

- Application of Results to Other Triangular Wings

The foregoing discussion haes shown that significant transonic flow
effects occur on triangular wings at supersonic speed and thet these
transonic flow characteristics show marked similarity to those which
have been noted for the two—dimensional airfoll sections at high sub—
sonic speeds. There remalns the question, however, of the means by
which the results presented herein for 45° triangular wings may be
applied to other triangular wings of differeént sweepback and airfoll sec—

tion. At the present time only a qualitative relation can be shown to -
exist. ' '

The linear theory ylelds the parameters S and +an e /ta.n L as
relating the characteristics of triangular wings of different sweepback
at supersonic speede in that the load distribution, the:lift—curve
slope, the curvature of the drag parabols, and the moment—curve slope
are glven as fiumctions of B and +an r—:/ta.n k. In the linear theory,
however, only small velocity increments are considered, a condition
which obvliously is not applicable at high 1ift coefficients. It is clear
from the foregoing discussions that the transonic effects, which were
noted, are primarily a function of (a) the Mach mumber of the flow com—
ponent perpendicular to the swept leading edge and (b) the shape of ths
alrfoil in the vicinity of the wing leading edge. It appears, therefors,
that the correlating parameter insofar as the flow characteristics at
high 1ift coefficients are concerned should be sin € /sin L which is a
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measure of the Mach number perpendicular to the leading edge. It 1s to be _
expected that, for other triangular wings of similar leading-edge radius ~
or wedge angle, flow characteristics similar to those found for the

wings of the present test will be experienced for the same values of -
sin €/sin u. . T T

With regard to the airfolil nose shape the following qualitative cor—
relation may be stated: For wings of smaller wedge angles, the transonic
flow characteristlcs noted will occur at lower 1ift coefficlents. Further,
round-nose alrfolls of much smaller nose radli may be expected to glve
flow characteristics similar to alrfolls with sharp leading edges.

CONCLUDING REMARKS

Pressure—~distribution messurements over & sharp-nose and a roundi-—
nose girfoll of triangular plan form were made for & Mach number range of
1.20 to 1.70 to determine the effect of leading—edge profile and to pro—
vide date for a comparison of the experimentsl and theoretical load dils— -
tribution. ) -

The results of the tests indicated a significant effect of leading—-
edge profile on the flow characteristics at high 1ift coefficlents. For
the round-nose airfoil in the lower spesd range where the Mach lines are
swept ahead of the leading edge, transonic—flow characteristlcs similaxr
to those experlenced on round—nose, two—dimensional alrfoils at transonic
speeds were manifest in the form of a region of supersonic veloclty near -
the airfoll leading edge which was terminated by a normal shock wave.
An sdditional transonic. effect was noted at the leadling edge of the sharp—
noge alrfoll., A shock wave oblique to ths airfoll surface was formed and
the nature of the flow was such that a somewhat higher losding was real—
ized than that for the round-nose airfoll. Desplite the existence of these
transonic flow phenomens, the agreement hetween the theoretical and exper—
imental load distribution was reasonably good up to an angle of attack of
109, the sharp-nose airfoil exhibiting generally better agreement. Further
increase in angle of attack resulted in the experimental loading near the
leading edge falling below theory because of the physical limltation of
zero pressure on the magnitude of the upper—surface pressure coefflcient.

In the higher speed range, where the Mach lines were swept behind
the leading edge, since the leading-edge bow wave was detached with result—
ing flow interaction between the lower and upper surfaces, the flow char—
acteristics were similar to those experienced in the lower speed range
wherein the Mach lines were swept ahead of the leading edge. Reasonably
good agreement between the measured and predicted loading was also real-
ized in this speed range. As the speed 1s increased further so that the -

m |
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bow wave approaches attachment to the leading edge, it is expected that
the correspondence between theory and experiment would be further improved.

The experimental normal—force coefficients for both the round-nose
and the sharp-nose airfoils were essentially the same and were slightly
higher than the theoretical values in the low—spesd range (M = 1.20).
Increasing the Mach number to 1.53 caused the experimental values to fall
s1lightly below the predicted results. Further increase in Mach number
resulted in closer agreement between the theoretical and experimentsl
norme.l—force coefficients since, as previously mentioned, the bow wave
was approaching complete attachment to the airfoll leading edge.

Ames Asronautical Iaborstory,
National Advisory Committes for Aeronasutics,
Moffett Field, Calif.
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Figure [.- Dimensional  sketch of {triangular wing showing both the round-nose

afrfoil

section (NACA 0006-63) and the sharp-nose airfoil section.
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NACA RM A50J17 -

27

Figure 2.~ Model mounted in the Ames 6~ by 6~Foot

supersonic wind tunnel.
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Figure 5.— Effect of leading-edge profile on the flow characteristics of two-dimensiomal airfolls at
M= 0-80- a = ll-.OO.
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